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Airfoil Design for Helicopter Rotor Blades—
A Three-Dimensional Approach

Ahmed A. Hassan* and Bruce D. Charles*
McDonnell Douglas Helicopter Systems, Mesa, Arizona 85205

A finite difference procedure has been developed for the design of airfoil sections for helicopter rotor
blades. The procedure is based on the coupled three-dimensional direct solutions to the full potential
equation inherent in the rotor flow solver (RFS2) and the two-dimensional inverse solutions to an auxiliary
equation. Here, the evolution of the airfoil geometries, at a number of a priori defined radial control
stations is driven by the user-prescribed pressure distributions and the flowfield requirements imposed
by the RFS2 flow solver. In this respect, the influence of the finite aspect ratio blade, sweep, taper and,
more importantly, the tip vortex wake, are reflected in the final airfoil designs. The lifting-line CAMRAD/
JA trim code was incorporated into the design procedure to allow for the simulation of the tip vortex
wake effects. Results are presented for the redesign of a number of airfoil sections for a generic hovering
rotor (with rectangular blades) with and without allowance for the tip vortex wake effects. Aerodynamic
performance characteristics of the original blade and the redesigned blade in hover are assessed using
the three-dimensional TURNS Navier - Stokes rotor flow solver.

Introduction

RADITIONALLY, there are four basic steps in the sizing

of a helicopter rotor blade that meets certain target aero-
dynamic requirements. These steps are 1) selection of the tip
speed to provide for an efficient hovering rotor while main-
taining good balance between autorotation characteristics and
low noise levels; 2) selection of the rotor diameter to provide
for an acceptable disc loading; 3) selection of the rotor solidity
that is driven by the maximum figure of merit as well as ma-
neuver capability; and 4) deciding on the appropriate combi-
nation of twist and taper (amount and radial position) to main-
tain, as practicable, a uniform induced velocity distribution
over the blade without degradation in autorotation capability.
Once the global geometric features of the rotor are established,
a more detailed phase of the design is initiated.

In this phase, based on the performance goals of the rotor,
airfoil sectional aerodynamic characteristics such as lift and
moment coefficients are defined at a number of a priori se-
lected radial stations along the blade. For example, on the ad-
vancing portion of the rotor disk, airfoils located near the tip
of the blade must exhibit low drag characteristics at low to
moderate angles of attack and transonic Mach numbers. On
the other hand, on the retreating portion of the rotor disk, air-
foils with high-lift capability at low to moderate Mach num-
bers are required. Low sectional pitching moments are also
required to minimize control loads. The question then arises
as to what airfoil geometries are required to meet the set aero-
dynamic performance goals (e.g., rotor thrust, figure of merit,
etc.). To address this question, airfoil designers have relied, for
many years, on personal experience and on the use of cut and
try simple linear analysis methods. More recently, these meth-
ods were expanded to include the application of two-dimen-
sional nonlinear computational methods that can be broadly
classified as direct iterative methods and inverse design meth-
ods.
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In direct iterative methods, solutions are sought with an air-
foil shape that is modified in an iterative procedure to mini-
mize the differences between the computed and the target aero-
dynamic characteristics (e.g., lift and/or drag coefficients).
Examples of these design methods are those of Hicks and Van-
derplaats' and Davis.” On the other hand, in inverse meth-
ods,”” an airfoil geometry is sought that will exhibit certain
desirable properties for the flow past the section (e.g., delay
of transition or separation of the boundary layer). These con-
ditions are usually met by imposing certain constraints on the
velocity distribution along the surface. The ability to design
rotor blades that will provide a given velocity or pressure dis-
tribution is therefore highly desirable. Moreover, at high blade
tip speeds, local regions of supersonic flow occur and shock
waves are likely to form with the attendant wave drag and
shock-induced boundary-layer separation losses. A shock-free
flow would, of course, be desirable as it avoids these losses.

Today, with the advent of high-speed supercomputers and
the improvement in the efficiency of three-dimensional rotor
flow solvers, we can accurately predict the salient aerodynamic
features of a given rotor design. These solvers, however, if
considered in conjunction with simple two-dimensional design
techniques, can provide a comprehensive design tool that can
be used to efficiently provide the detailed three-dimensional
geometric description of the blade, exclusive of taper and
sweep. For example, one can design a rectangular blade that
exhibits the same radial aerodynamic characteristics that are
normally achieved with the combined effects of taper and
sweep. With a rectangular blade, however, manufacturing costs
are lower, the loads problems associated with twist are re-
duced, and the signature problems inherent with leading-edge
sweep are avoided. For rotorcraft, not only will this new class
of design tools account for the actual three-dimensional nature
of the flow on the blade, but they will also allow for the in-
clusion of the far wake effects that, to this date, have been
overlooked by designers using traditional two-dimensional air-
foil design methods. From a practical point of view, the new
design tool should be robust to allow for its application over
a wide range of operating conditions and, more importantly, it
should also provide accurate results at a reasonable cost.
Among present-day three-dimensional unsteady rotor flow
solvers, those based on the full potential equation (with or
without an integral boundary-layer formulation) represent
prime candidates for this comprehensive design methodology.
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Similar methods have been widely used in the fixed wing in-
dustry to design three-dimensional wings.*’

In this paper we describe an engineering method for the
design of a helicopter rotor blade having a prescribed pressure,
or lift, distribution. The design method is based on the cou-
pling between the three-dimensional full potential rotor flow
solver (RFS2)'" and an extension'' of the inverse two-dimen-
sional iterative residual correction formulation by Garabedian
and McFadden.”” In this formulation, an auxiliary equation
based on the classical wavy wall equations'® for subsonic and
supersonic flows is solved iteratively. In the design method,
the auxiliary equation is used to relate the changes in the pre-
dicted three-dimensional blade surface pressures at the user-
specified control stations to the changes in the local airfoil
geometry. In this respect, the evolution of the final blade ge-
ometry (only as regards the definition of the various airfoil
sections) is driven by the three-dimensional solution that takes
into account the finite aspect ratio of the blade and any taper
and sweep effects that may have been, a priori, stipulated by
the design team.

To account for the far-wake effects, we have taken advan-
tage of the fact that the wake structure remains the same for
two different blades that have identical radial lift distributions.
In the present design procedure, the lifting-line helicopter/rotor
trim code CAMRAD/JA' was used to compute the rotor trim
state as well as the far-wake-induced angles of attack. To dem-
onstrate the applicability of the procedure, the problem for the
hovering rotor will only be considered here. Results with and
without the inclusion of the far-wake-induced effects are pre-
sented. Conclusions relating to the efficiency of the design
method, its limitations, and its accuracy are made.

Mathematical Models

Three-Dimensional Full Potential Rotor Flow Solver RFS2

As mentioned earlier, the three-dimensional solutions for the
flow past the rotor were obtained using the RFS2 flow solver
developed by Sankar and Prichard.' In this section, the equa-
tion governing the flow and boundary conditions are briefly
described.

The governing equation expressing conservation of mass for
a three-dimensional, compressible, unsteady, inviscid flow in
an arbitrary curvilinear coordinate system, & m, {, T, is given
by

(pHa)b,, + Ude, + Vb,. + Wd,.]
= [(pU) + (pVI), + (pWII)] + S (D)

where the & direction is aligned with the blade chordwise di-
rection x; the m direction with the spanwise or radial direction
y; the { direction roughly with the normal direction to the blade
z; J is the Jacobian of the coordinate transformation; U, V, and
W are the contravariant velocity components; and S is a func-
tion that contains terms related to the motion of the grid. Refer
to Ref. 10 for the details of the numerical solution algorithm.

In the present study, a three-dimensional rigid grid (attached
to the blade in the rotating blade-fixed coordinate system) was
constructed by the interpolation of two-dimensional near-or-
thogonal sheared parabolic C-type grids generated at user-se-
lected blade radial stations (see Fig. 1). The two-dimensional
grids were constructed using Jameson’s'® algebraic grid gen-
eration procedure built into the RFS2 flow solver.

Numerical Boundary Conditions

Referring to Fig. 1 we notice that the present formulation
requires boundary conditions to be specified along the blade’s
surface, trailing-edge vortex sheet (commonly referred to as
near wake or branch cut), far-field boundaries located outboard
of the rotor tip, outer boundary, downstream or outflow bound-
ary beyond the blade’s trailing edge, and the most inboard

computational

vorticity sheet l;
domain
tip vortex / @ ke

Fig. 1 Sketch of the rotor blade, the computational domain, and
the wake system.

boundary of the computational region. For lifting conditions,
the effects of the far wake (the portion of the wake that lies
outside the bounds of the computational domain) must also be
accounted for and modeled in the full potential solution. These
boundary conditions are briefly described in the following par-
agraphs.

Far-field boundaries (outer, downstream, spanwise out-
board): Since air is considered to be at rest at a large distance
from the blade, the velocity potential function ¢ was set to
zero on all three boundaries. This condition also implies that
the flow velocities in the planes containing these boundaries
assume freestream values. For example, for the spanwise out-
board boundary constituting the last computational plane nor-
mal to the plane containing the rotor blade, the # and w ve-
locity components were set to zero, whereas the v component,
approximately normal to this boundary, was allowed to assume
nonzero values. Moreover, at the outer boundary, # and v were
set to zero, while w, again approximately normal to this bound-
ary, was allowed to vary. The nonzero normal velocity com-
ponents, in a sense, allowed waves to propagate through these
boundaries. As a result, contamination of the computational
domain solutions that may otherwise occur because of far-field
wave reflections, was avoided. At the downstream boundary,
whenever the local flow was supersonic, a two-point extrap-
olation formula was used to compute the potential using the
interior grid points solutions.

Inboard boundary: This boundary was located at the 55%
radial position where ¢ was solved for as part of the numerical
solution subject to the following condition:

(pVIJ); = 0 or equivalently (d,);— =10

Blade surface: On the solid surface, a slip boundary con-
dition was enforced during the computations, viz.,

Vn=0 2)

where n is the outward unit vector normal to the surface, and
V is the local flow velocity vector.

Trailing-edge vortex sheet: This sheet was assumed to co-
incide with the two grid surfaces emanating from the blade’s
trailing edge. Continuity of the normal velocities across the
wake cut was enforced through the condition

by =0

On the vortex sheet, the vorticity transport equation was
solved, i.e.,

T+ Ul =0
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these two conditions were sufficient to solve for the velocity
potential function at the two node points located on either side
of the vortex sheet.

Modeling of far-wake effects: To complete the numerical
boundary value problem for the physical flow we must also
account for the blade tip vortices, the remainder of the wake
system that lies outside the computational region, and any
wake elements that might have passed out of and returned into
the computational region. As mentioned earlier, the near wake
is accounted for in the potential solution through the jump in
the velocity potential at the blade’s trailing edge. The influence
of the far wake, as well as the influence of the re-entering
wake elements, were modeled in the form of a spanwise var-
iation of an induced flow (or equivalently an induced angle of
attack) at the quarter-chord line of the blade. These angles
were provided through a separate computation using the free-
wake model in the comprehensive rotor trim code CAMRAD/
JA." Once the inflow angles were calculated at the computa-
tional stations through spanwise interpolations, the angles were
then converted into surface transpiration velocities that were
implicitly represented in the velocity V in Eq. (2).

Modified Garabedian- McFadden Inverse Design Method"

The small disturbance theory for the linearized two-dimen-
sional subsonic and supersonic flows past a wave-shaped wall"?
form the basis of this method. For supersonic flow, the surface
pressure can be expressed as

C,= QM2 — 1)z,
for subsonic flow as
C,=[2/m\V1 — M2z

The previous expressions illustrate the dependence of the
local pressure C, on the freestream Mach number M.., and the
local slope z, and curvature z,, of the surface. By combining
these expressions, Malone et al.'® have demonstrated that a
more general equation that relates the changes in the surface
pressures to the changes in the normal surface ordinates Az,
viz.,

AAz + BAz, + CAz..=p. — p. 3)

can be used in the design of airfoil sections. In Eq. (3), A, B,
and C are arbitrary constants that determine the convergence
rate for the solution, and p. and p, are, respectively, the RFS2-
computed and user-prescribed target surface pressures at the
selected radial control stations.

Equation (3) is discretized using first-order accurate upwind
differencing (in the streamwise direction) for the first deriva-
tive and second-order accurate central differencing for the sec-
ond derivative. In difference form, Eq. (3) can be written as

LAz(i — 1)+ D;Az(i) + U,Az(i + 1) = R, 4)

where L;, D;, U;, and R; are coefficients given by the following:
For the upper surface of the airfoil:

L= —CH[&G) — xG = DIxG + 1) — x(D]}
U =B/[x(i + 1) — x(i)] + L,
D,=A-L —-U,
R;=pLi) — p.(i)
For the lower surface of the airfoil:
Ui= =CH{I(xG) — x( = D]xG + 1) — x(D]}
Li=B/x(i+ 1) — x()] + U,

D,=A— L, — U
R; = p{i) — pSi)

Equation (4) is then applied in a streamwise marching
fashion (i.e., starting from the leading edge and moving toward
the trailing edge) to each of the grid nodes on the upper and
lower surfaces of the airfoils at the a priori defined radial con-
trol stations. In this study, four radial stations were selected
(see Fig. 2). These stations were positioned at the nondimen-
sional radial positions of 0.65, 0.80, 0.93, and 1.0. At each
control station, the application of Eq. (4) resulted in two tri-
diagonal systems of equations that were solved using the Tho-
mas algorithm to determine the changes in the normal ordi-
nates Az of the airfoil. Our experience has indicated that
approximately 15-20 iterations were required to meet a tol-
erance of 0.001 in the difference between p. and p,. The ap-
plication of Eq. (4) was repeated again at the remaining radial
control stations to yield new definitions of the airfoil geome-
tries that constitute the blade. At the computational stations
that did not coincide with any of the four control radial sta-
tions, the airfoil geometries were linearly interpolated using
the definitions of the neighboring airfoil geometries at the
nearest control stations and/or the geometry of the baseline
NACA-0012 airfoil. Once the geometric definition of the blade
was completed, a new three-dimensional computational C-H
grid was generated in preparation for the next solution using
the RFS2 three-dimensional rotor flow solver. A flow chart
depicting these steps is given in Fig. 3.

At this juncture, it is noteworthy to mention that the inverse
procedure adopted in this study is more suitable than others
since it preserves the chord length of the original airfoil, and
hence, the original blade solidity. For example, in hodograph-
based design methods™ closure of the trailing edge of the re-
sulting airfoil is not enforced. The final airfoil geometry is
usually obtained by altering the target pressure distribution in
the vicinity of the leading and trailing edges to minimize the
size of the trailing-edge gap and/or to eliminate any upper and
lower surface crossings that could result in an airfoil having a
fish tail. In these methods, however, because the solution to
the inverse problem is treated as one for a free surface, changes
in both coordinate directions (i.e., Ax, Az) are therefore al-
lowed. As a result, it is quite difficult to maintain the chord
length of the original airfoil unless scaling of the coordinates
of the designed airfoil are made. In the present method, two
anchor points, namely, the leading- and trailing-edge points,
are used to fix the pressures as well as the chord length of the
original airfoil. Moreover, their relative positions also fix the
angle of attack of the section. Changes to the airfoil section
geometry are thus achieved through changes in the z-coordi-
nate direction, which primarily influence the thickness distri-
bution, and hence, the camber.

Lifting-Line CAMRAD/JA Trim Model

As mentioned earlier, the present design procedure utilizes
the lifting-line helicopter/rotor trim code CAMRAD/JA™ to
introduce the rotor trim constraints and the far-wake effects
into the RFS2 three-dimensional rotor flow solver. This pro-
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Fig. 2 Sketch depicting the nondimensional radial positions (Eta
= R/Rtip) for the four control stations selected in this study.
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far wake.

cess is very similar to the traditional CAMRAD/JA-CFD cou-
pled lift solutions described in the literature.'”'® In this study,
however, the desired lift distribution, and hence, rotor thrust,
are known a priori and remain fixed throughout the iterative
process. For example, after each CAMRAD/JA solution, in-
stead of using RFS2 to recompute the lift distribution based
on the CAMRAD/JA-predicted far-wake inflow, differences in
lift coefficients based on the target and the current CAMRAD/
JA values are used to initiate the subsequent CAMRAD/JA
solution. In this respect, the CAMRAD/JA trim solution ap-
proaches the target lift distribution, and hence, the target thrust.
The result of this iterative process is, of course, far-wake par-
tial angles of attack that are now consistent with the specified
target lift distribution. These angles are then used in the sub-
sequent predictions using the two-dimensional inverse solver
and the RFS2 full potential rotor flow solver to account for
the far-wake-induced effects. A flow chart depicting these steps
is shown in Fig. 4.

The initial CAMRAD/JA trim solution is obtained using a
starting blade geometry, which consists of a given planform,
twist, and airfoils for which C-81 data tables containing the
sectional lift, drag, and moment characteristics are available.
Here, the starting blade geometry is that of a rectangular blade
that has NACA 0012 airfoil sections. The initial CAMRAD/
JA trim solution provides a lift distribution that is consistent
with this starting geometry, but not necessarily with the target
lift distribution. In subsequent iterations, the blade planform is
not changed, and hence, the blade geometric solidity. The tar-
get lift distribution that is repeatedly used in the subsequent
CAMRADI/JA trim solutions may be viewed as an externally
generated CFD-based solution that reflects the changes in the

airfoil geometries at the four control radial stations. The dif-
ferences in the lift coefficients (between those computed using
CAMRAD/JA and those of the target distribution) are then
considered corrections to the CAMRAD/JA airfoil table values
because of the corresponding changes in the airfoil geometries.

Results and Discussion

In this section two examples that delineate the use of the
present design procedure are given. In the first example, the
flexibility of the design method is demonstrated through three
exercises that illustrate how one can change the local aero-
dynamic characteristics/features (sectional lift, strength, and
position of the shock wave, and sectional moment) of a given
section while maintaining the original local onset flow condi-
tions (i.e., Mach number and angle of attack). For this exam-
ple, a simple untwisted rectangular blade having an aspect ratio
of 12 (6-ft radius, 6-in. chord) and the NACA 0012 airfoil for
the various sections along its length is used as the starting (or
initial) blade. Far-wake effects were not included in this ex-
ample. In the second example, the same baseline blade with 9
deg of linear twist is used. The redesign of the blade to meet
a target lift distribution with the inclusion of the far-wake ef-
fects is presented.

Example 1: Redesign of an Untwisted Blade for a Given
Pressure Distribution— No Far-Wake Effects Included

In this example, the goal is to find the airfoil geometries that
meet certain target acrodynamic characteristics and/or features
at three radial control stations. Figure 5 depicts the initial and
the final pressure distributions at three radial stations located
at Eta = R/Rtip = 0.65, 0.80, and 1.0. Here, the initial pressure
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Fig.5 Starting and final surface pressures for the newly designed
blade at three user-specified control stations (Mtip = 0.75, no twist,
no far-wake effects).

distributions were computed for the baseline blade using the
three-dimensional, full-potential rotor flow solver RFS2. The
final pressure distributions are those computed using the RFS2
flow solver with the new definition of the airfoil geometries at
all four radial control stations. Starting pressure distributions
for the RFS2 flow solver were generated by setting the blade
at a uniform angle of attack of 4 deg (equivalent to a 4-deg
collective pitch). The blade rotational tip Mach number was
equal to 0.75 to give rise to a pocket of supercritical flow on
the surface of the blade near the tip.

At Eta = 0.65 the main objective was to increase the sec-
tional lift value of the original NACA 0012 section while
maintaining smooth pressure gradients and, of course, the orig-
inal onset flow conditions. With the increase in sectional lift a
corresponding increase in the sectional drag force should also
be expected. An improvement in rotor performance, and in
particular, power requirement, would result if this increase in
drag is accompanied simultaneously by a more inboard shift
in the radial position of the section. This point is addressed in
more detail in Example 2.

At Eta = 0.80, the objective was to smear the weak shock
wave that was present near the 25% chord position. The
NACA 0012 airfoil section had a supercritical flow region that
extended between the 2-25% chordwise positions. As seen in
Fig. 5, for the redesigned section, this region has been slightly
extended to the 28% chord position, yet with a smooth shock-
free transition to subsonic flow. It is therefore of utmost im-
portance that one start with a target pressure that is shock free

or, at least, a distribution that reflects the presence of a very
weak shock. In certain instances, which depend largely on the
onset flow conditions, one might also be able to find an airfoil
geometry that results in a purely subcritical pressure distribu-
tion. However, if this pressure distribution is not physically
attainable, then the inverse calculations eventually diverge and
no airfoil geometry is found.

At Eta = 1.0, though theoretically the sectional lift should
drop to zero, the predicted value using RFS2 was equal to
0.051. At this section, the target pressure distribution resulted
in a sectional lift value of —0.063. The target pressure, how-
ever, was selected primarily with the objective of significantly
changing the sectional moment characteristics. For the baseline
section, a positive moment (i.e., nose up) was obtained. For
the redesigned section, a small, but negative (i.e., nose down),
sectional moment was obtained. This was achieved by pre-
scribing a pressure distribution that reflects negative loading
on portions of the section (i.e., by selecting pressures that have
lower values on the lower surface than the values on the upper
surface). In this example, note that crossings of the upper and
lower surface pressures occur at two chordwise positions,
namely, 0.045 and 0.125. Note also that one could have se-
lected a pressure distribution that yields one, rather than two,
intersection points between the upper and lower surface pres-
sure distributions. This, of course, would have resulted in a
different airfoil geometry.

To determine the overall lift capability of the blade, integra-
tion of the predicted sectional lift values at the 18 radial com-
putational stations was performed. To account for the radial
variation in the dynamic pressures, the integration was per-
formed for the product of the sectional lift values times the
square of the radial position.

Blade lift capability:

ocf r*-Cy(r)-dr (5)

where R1 is the nondimensional radial position for the inner-
most computational station (located at 0.55), R2 is the non-
dimensional radial station corresponding to the last computa-
tional station on the surface of the blade (i.e., R2 = 1), and
C,(r) is the local integrated sectional lift value at a given radial
station r. For the baseline and redesigned blades, the applica-
tion of Eq. (5) resulted in values of 0.0272 and 0.0349, re-
spectively. For a given tip speed, this change represents an
increase of 28.3% in the lift capability of the original blade.
Figure 6 depicts the original (NACA 0012) and the redesigned
airfoil sections that result in the chordwise pressure distribu-
tions shown in Fig. 5.

Example 2: Redesign of a Twisted Blade for a Given Lift
Distribution — Far-Wake Effects Included

In this example, the baseline blade has a rectangular plan-
form and is again constructed using the NACA 0012 airfoil.
With the exception of 9 deg of built-in twist (linearly varying),
the blade is identical to the baseline blade described in Ex-
ample 1. It is our goal here to redesign this blade such that
the original lift capability is unchanged. Though this problem
may not be of practical interest, it demonstrates how the aero-
dynamic design engineer can alter the radial variation of the
lift distribution which, in turn, influences the overall perfor-
mance of the hovering rotor caused primarily by the changes
in airfoil drag, and hence, rotor power.

Unlike the previous example, where the goal was to match
a number of target pressure distributions, here our goal is to
match a number of target lift distributions at a given number
of radial stations. To reduce the CPU time requirements for
the iterative process in the modified Garabedian- McFadden
design procedure,'” we start by prescribing pressure distribu-
tions that are uniformly scaled on the upper and/or the lower
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Fig. 6 Initial and final airfoil geometries at three user-specified
control stations (Mtip = 0.75, no twist, wake effects not included).

surfaces to match the target lifts. That is, given a starting target
lift, one selects a pressure distribution that is typically smooth
and is free from strong chordwise gradients that can potentially
induce the separation of the boundary layer. For supercritical
flows, one can start with a pressure distribution that reflects
the presence of a smeared (i.e., weak) shock. One can also
increase the chordwise extent of the supercritical flow region
and transition to subsonic flow through a weak shock in lieu
of a more compact region that is terminated with a stronger
shock. In the first iteration of the inverse method, integration
of this pressure distribution will not necessarily result in a
sectional lift value that matches the target lift at this station.
Prior to the next iteration, one adjusts the upper and/or lower
surface pressure levels, not through varying the individual
chordwise pressure values, but through the multiplication of
all chordwise values by a constant F, which can be larger or
less than 1 to, respectively, increase or decrease, the sectional
lift values.

As mentioned earlier, during this iterative process the pres-
sure values at the leading and the trailing edges of the airfoil
are held fixed. Typically, this iterative procedure for computing
the correct multiplicative factor to achieve the target lift con-
verges in about 4-5 iterations using a Newton-type iteration,
viz.,

aC,.
mel _ o omo el
z Lt ( )

here the superscripts m, (m + 1) refer to two consecutive it-
erations and F is the multiplying factor for the upper and/or
lower surface pressure distributions.

To predict the aerodynamic performance of the rotor in
hover, the prescribed wake model option inherent in CAM-
RAD/JA"™ was used. In this example, the rotor was trimmed
to a thrust level of 0.0751 (C,/sigma = rotor thrust coefficient/
rotor solidity), which resulted in the starting value of 10.01
deg of collective pitch at a rotational Mach number of 0.68.
Figure 7 depicts the CAMRAD/JA-predicted sectional lift co-
efficients (starting or initial values) for the baseline hovering
rotor. Also shown are the target sectional lift values that are
expected from the redesigned blade. As seen, the target distri-
bution reflects a more gradual radial variation in the sectional
lift values as we approach the tip of the blade. This variation
necessitated the increases in the sectional lift values between
the 0.55 and the 0.865 radial stations and the decrease of the
sectional lift values beyond the 0.865 radial station. Note that
the sectional lift values inboard of the 0.55 radial station were
maintained at the original CAMRAD/JA predicted values.

The CAMRAD/JA code is then used in an iterative process
to drive the starting sectional lift values toward the target val-
ues while maintaining the thrust level at 0.0751. This process
required about 10 iterations. Once a converged solution was
obtained, the prescribed wake geometry and the computed far-
wake inflow were now consistent with the more favorable tar-
get lift distribution. Figure 8 depicts the variation of the CAM-
RAD/JA-predicted sectional lift values as a function of
iteration number. In Fig. 9 we illustrate the variation of the
collective pitch angle and the changes in the rotor total power
requirement as a function of iteration number. Note that the
more uniform target lift distribution results in a 6.5% reduction
in the total power. Note also that for the target lift distribution,
the required collective pitch angle is 9.45 deg as compared to
10.01 deg for the baseline rotor.

We now take advantage of the fact that the wake geometries,
and hence, the wake-induced velocities, are identical for two
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Fig. 7 CAMRAD/JA predicted (initial) and target (final) sec-
tional lift values for the hovering rotor (Mtip = 0.68,9 deg of linear
twist).
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Fig. 8 CAMRAD/JA predicted sectional lift values for various
trim iterations (Mtip = 0.68, 9 deg of linear twist).
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Fig. 9 CAMRAD/JA predicted collective pitch angles and rotor
power requirements for various trim iterations (Ct/S = 0.0751,
Mtip = 0.68, 9 deg of linear twist).
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Fig. 10 Predicted surface pressures for the starting and final
blade geometries at Eta = 0.65 (Mtip = 0.68, far-wake effects in-
cluded, CL (starting) = 0.430, CL (final) = 0.442).

different blades having the same radial lift distributions. Hav-
ing computed the far-wake-induced effects that are compatible
with the target lift distribution, we begin the coupled two-
dimensional inverse/three-dimensional direct solution proce-
dure to search for the new airfoil geometries that meet the
target sectional lift values at the four radial control stations
along the blade. Note that the control station located at Eta =
0.93 was intentionally selected to coincide with the radial po-
sition that corresponds to the peak target lift value. For the
new airfoils, the resulting thickness ratios will depend primar-
ily on the chordwise variation of the prescribed pressure dis-
tributions, the local rotation Mach number, and angle of attack.
Therefore, for the new blade, the percent reduction (or in-
crease) in power will depend primarily on the sectional drag
characteristics of the new airfoils that constitute the blade. For-
tunately, one can infer the expected viscous behavior of the
sections by considering certain aspects of the inviscid pressure
distributions (e.g., weak shocks, moderate pressure gradients,
chordwise position of the peak pressures, etc.).

Figures 10-12 depict comparisons between the predicted
starting pressure distributions for the baseline rotor (employing
NACA 0012 airfoils) and those predicted for the new blade
design at Eta = 0.65, 0.80, and 0.93. Also shown in the figures
are the starting and final airfoil geometries at these three con-
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Fig. 11 Predicted surface pressures for the starting and final

blade geometries at Eta = 0.80 (Mtip = 0.68, far-wake effects in-
cluded, CL (starting) = 0.502, CL (final) = 0.517).
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Fig. 12 Predicted surface pressures for the starting and final
blade geometries at Eta = 0.93 (Mtip = 0.68, far-wake effects in-
cluded, CL (starting) = 0.541, CL (final) = 0.543).

trol stations. The resulting thickness ratios for the three airfoils
are 10.67% at Eta = 0.65, 9.81% at Eta = 0.80, and 8.8% at
Eta = 0.93. In prescribing the final pressure distributions our
goal was to reduce the magnitude of the suction pressure
peaks, increase the chordwise position for the suction peaks,
reduce the strength of any existing shock waves, reduce the
chordwise extent of the supercritical flow region, and increase
the loading on the lower surface to compensate for any loss
in lift that may have resulted from reducing the size of the
supercritical flow pocket. In Fig. 12, note that the size of the
supercritical flow region is significantly reduced. For the
NACA 0012 airfoil this region had a chordwise extent equal
to 0.15C. For the new airfoil, the chordwise extent of the su-
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percritical flow region is about 0.06C. As a result, the original
strong shock wave associated with the NACA 0012 airfoil was
completely eliminated.

To assess the aerodynamic performance characteristics of
the new blade design, one can either use the lifting-line
CAMRAD/JA code or an alternative, more comprehensive,
analysis method that does not require the generation of tables
that contain the aerodynamic characteristics of the various air-
foil sections. In this study, the latter approach was adopted.
Specifically, the aerodynamic performance characteristics of
the baseline and the new rotor blades were predicted using the
three-dimensional laminar/turbulent thin-layer Navier- Stokes
flow solver TURNS.' The TURNS flow solver was selected
among a few others because of its relative accuracy (£3%) in
the prediction of rotor performance.

To predict the aerodynamic performance characteristics of
the baseline and redesigned rotors (assumed here to have four
blades), two body-fitted computational C-H grids were gen-
erated using a hyperbolic grid generator.”® For the redesigned
blade, all radial stations inboard of Eta = 0.65 were assumed
to have the same airfoil geometry as that at Eta = 0.65. For
radial stations outboard of Efa = 0.65, linear interpolation be-
tween the airfoil geometries defined at Eta = 0.65, 0.80, 0.93,
and 1.0 was used to define the airfoil geometries at the inter-
mediate computational stations. The blade collective angle
(9.45 deg) and linear twist (9 deg) were modeled through an-
gular rotations of the grid about the quarter-chord points at the
various computational radial stations. The grids had a resolu-
tion of 181 nodes in the wraparound C direction (with 144
points on the surface of the airfoil at a given radial station),
49 radial stations (with 30 stations lying on the surface of the
blade), and 49 grid points in the direction normal to the surface
of the blade. The normal spacing between the first grid points
off the surface of the blade and those on the surface was set
equal to 0.00005C. The grid was also clustered in the normal
direction to adequately resolve the flow in the boundary layer.
Approximately 12 grid points were placed in the boundary
layer to yield a y* value that is on the order of unity.

Inputs to the flow solver included the hover tip Mach num-
ber of 0.68 and a Reynolds number (based on a 6-in. chord)
of 2.42 X 10° All computations were performed assuming that
the flow is fully turbulent in the vicinity of the blade and
laminar in the far field. The Baldwin-Lomax turbulence
model was used to provide numerical values for the turbulent
eddy viscosity. Convergence of the numerical solutions was
achieved in approximately 1400 iterations during which the
maximum residual fell to a value of 0.2 X 10°° On an HP
9000/735 high-performance workstation, the required CPU
time was approximately 16.5 h/run.

For the baseline rotor, integration of the sectional lift and
drag forces between Eta = 0.20 and the blade tip yielded a
thrust coefficient Crequal to 0.008293 and a power coefficient
Cpequal to 0.0007379. For the redesigned blade, C» was equal
to 0.0095968 and C, was equal to 0.0008601. Note that the
increase in Cp for the redesigned blade is primarily because of
the use of the new airfoil geometry defined at Eta = 0.65 for
all radial stations inboard of Eta = 0.65. At these stations, the
predicted sectional lift values are higher than those predicted
for the baseline rotor, but the sectional drag values are also
higher than those for the baseline rotor. Overall, the lift-to-
drag ratio for these airfoils are higher than those for the base-
line rotor. To circumvent this problem, additional control sta-
tions may be required, say at Eta = 0.30 and 0.50 to compute
the correct airfoil geometries using the present inverse proce-
dure. Perhaps a more fair comparison of performance would
be one where the Cp values are compared for identical thrust
coefficients. Substituting the predicted values of Crand Cp in
the expression used to compute the hover figure of merit, viz.,

FOM = (1NV2)(C/C,)

one obtains a value of 0.7237 for the baseline rotor (using the
NACA 0012 airfoils) and a value of 0.7729 for the redesigned
rotor (using the new airfoil designs). This represents a 6.36%
improvement in the performance of the baseline rotor. In this
example, we have demonstrated that through careful selection
of the positions of the radial control stations and the starting
pressure distributions for the inverse procedure one can design
new airfoil sections that can result in the improvement of the
performance of the original blade. It is important to stress here,
however, that the airfoil geometries found in this example do
not, by any means, represent the airfoil geometries necessary
to yield the optimum performance by the redesigned blade.
Only through trial and error, or through the coupling with an
optimization module, can this formidable task be achieved.

Concluding Remarks

A new method for the design of helicopter rotor blade air-
foils with allowance for three-dimensional flow effects has
been developed. The method is based on the coupled finite
difference solutions from two solvers: 1) an efficient two-di-
mensional inverse solver and 2) a three-dimensional direct full
potential flow solver. Based on the results presented, the fol-
lowing conclusions are made:

1) The present inverse design method, in its present form,
has some limitations. Most notably in its inability (typical of
all inverse methods) to enforce geometric constraints related
to the maximum thickness of the resulting airfoil sections. This
shortcoming can be overcome using a hybrid method that re-
quires the specification of a portion of the airfoil geometry and
the pressure distribution on the remainder of the geometry.

2) Unlike traditional airfoil design methods, we have dem-
onstrated here how the effects of the finite aspect ratio blade,
the far wake, as well as the effects of blade planform (i.e.,
sweep and taper) can be taken into account in the prediction
of the airfoil geometries.

3) For more accurate representation of the final blade ge-
ometry, the number of radial control stations for the design
procedure must be increased to more accurately represent the
radial variation of the blade lift values.

4) If the present method is to have a real impact on the
aerodynamic design of rotor blades, viscous effects must also
be included. This can be easily accomplished through the in-
clusion of an efficient two-dimensional integral boundary-layer
formulation into the RFS2 three-dimensional full potential ro-
tor flow solver, or through the use of an efficient rotor
Navier- Stokes flow solver, to provide estimates of the local
sectional drag values. Airfoil designs that produce a given ra-
dial distribution of lift-to-drag ratios can then be obtained.

5) Though the results presented here focused on the design
of airfoil sections for the hovering rotor, the present method
was recently extended” to the design of airfoil sections for the
rotor blade in forward flight.

6) In this study it has not been possible to fully couple the
CAMRAD/JA trim code with the two-dimensional inverse/
three-dimensional direct codes. More work on this avenue
could produce considerable savings in compute time and, more
importantly, a viable design tool that can result in significant
payoffs in design cost and product efficiency.

7) The present design method represents the first step toward
bridging the gap between traditional two-dimensional airfoil
design methods and the more comprehensive methods that are
based on the solutions to the three-dimensional Euler and
Navier- Stokes equations.
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